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The Solar Probe science team at NASA GSFC is considering enhance science 
observations by adding the nadir viewing Plasma Spectrometer instrument and using heat 
shields to protect the Plasma Wave antennas to permit full extension at 3 R. The electrostatic 
mirror of the Plasma Spectrometer is thermally protected from the Sun by a miniature 
sunshield that consists of two carbon-carbon composite layers, and a much smaller carbon- 
carbon heat shield. The sun-viewing surface of the miniature sunshield has an A1203 thin film 
coating. The slope of the sunshield is minimized to the smallest possible extent so that it can 
still accommodate the elliptical electrostatic mirror. Two small MLI flaps minimize the heat 
radiation from the Plasma Spectrometer to the spacecraft bus. This design meets the 
thermal requirements. Each of the four Plasma Wave wire antennas is 5 m long, and 
thermally protected from the Sun by a sunshield. The sunshield consists of two carbon- 
carbon composite sheets. One sheet views the Sun, and one does not. The slope of most of the 
sun-viewing sheet is 23O with the nadir axis. For mechanical reason, it gradually increases to 
37.5' at the tip. The exterior of the sun viewing surfaces has a thin film of Al2O3. The 
exterior of the shaded sheets has a thin film of vapor deposited rhodium. It  minimizes the 
heat radiation to the spacecraft bus. A high temperature MLI blanket between the carbon- 
carbon sheets radiatively isolates them. The thermal design meets the temperature 
requirements, but exceeds the 20 W limit of heat radiation to the spacecraft bus by 20 W. 
Thermal options to reduce the heat radiation include reducing the cu to E ratio of the Al2O3 
thin film and reducing the number of antennas to three. Testing in 2006 includes thermal 
model validation and materials testing. High temperature ovens and a high light intensity 
Vortex Lamp will be used. 
Nomenclature 
a 
E 
A l2o3 
AU 
CTE 
GSFC 
MLI 
MMRTG 
PSZ 
R, 
SiOP 
SiO 
STDT 
YSZ 
= solar absorptance 
= infrared ernittance 
= aluminum oxide 
= Astronomical Unit (149,597,870.691 km) 
= coefficient of thermal expansion 
= Goddard Space Flight Center 
= multi-layer insulation 
= Multi-Mission Radioisotope Thermoelectric Generator 
= zirconia partially stabilized by magnesia 
= solar radius 
= silicon dioxide 
= silicon monoxide 
= Science and Technology Definition Team 
= zirconia stabilized by yttria 
* GSFC Solar Probe study Lead Thermal Engineer, Thermal Engineering Branchicode 545, AIAA Associate 
Fellow. 
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I. Introduction 
S OLAR Probe is 3 solar radii (R,) from the Sun's surface at perihelion. It will be the first spacecraft to fly in the Sun's atmosphere. The purpose of this mission is to help understand coronal heating, origin of solar wind, and 
how and when solar wind is accelerated. At 3 R, (2.8 x lo6 km) from the Sun, the incident solar radiation is 430 
W/cm2. It is 3,000 times that for spacecraft in low Earth orbits. The Solar Probe Announcement of Opportunity 
(AO) is expected to be released by NASA headquarters in 2008. The Solar Probe spacecraft bus is shaded by a large 
conical shaped primary sunshield and thermally isolated from the primary sunshield by a secondary sunshield to 
maintain it at 20°C to 50°C. Figure 1 shows an artist's concept of the Solar Probe pointing at the Sun inside 0.8 
astronomical unit (AU).~ The primary sunshield is made of a carbon-carbon composite. It also serves as a large 
antenna for communications to the Earth. If the carbon-carbon composite is not pre-heated to high enough 
temperature during the manufacturing process, its coefficient of thermal expansion (CTE) can grow rapidly with 
temperature once its temperatures exceed about 1,500°C. 
Figure 1. Solar Probe Points at Sun Inside 0.8 AU - Artist Concept. ' 
The Solar Probe Science and Technology Definition Team (STDT) baseline science instruments have no nadir 
viewing capability. The nadir viewing Plasma Spectrometer instrument is proposed by NASA Goddard Space Flight 
Center (GSFC) for the Solar Probe. It enhances the science observations significantly. However it needs to 
overcome thermal challenges. Its main sensor package and electronics boxes are located at the spacecraft bus, which 
is at 20°C to 50°C. The mirror system of the Plasma Spectrometer is exposed to direct sunlight. The electrostatic 
mirror is made of tungsten grids. Its maximum temperature limit is 500°C. A miniature sunshield is used to protect the 
electrostatic mirror from direct exposure to sunlight. The sunshield has a small aperture to allow passage of solar 
radiation and charged particles. The maximum limit for heat flow from the Plasma Spectrometer to the spacecraft bus is 
30 W. 
Unlike the Solar Probe STDT baseline antenna, which requires the Plasma Wave antennas to be stowed at 3 R,, 
the antenna design proposed by GSFC will use heat shields to pennit full extension at 3 k. It also enhances science 
observation significantly. 
This paper presents the thermal design and analysis of the Plasma Spectrometer instrument and Plasma Wave 
antennas to meet the thermal requirements during the Solar Probe instrument internal research and development 
work at GSFC. 
11. Plasma Spectrometer Instrument Thermal Design and Analysis 
The miniature sunshield of the Plasma Spectrometer instrument consists of two sunshield layers that are made of 
a carbon-carbon composite. A candidate material is the Amoco PlOO pitch based fibers. Carbon-carbon composite is 
chosen because of its following properties233: 1) good strength retention at temperatures up to 2,700°C, 2) thermally 
and mechanically stable at temperatures as high as 2,000°C, 3) low density, 4) h g h  specific strength and stiffness, 5) 
excellent thermal shock resistance, 6) very low CTE, 7) high thermal conductivity, and 8) cost-effective. To protect 
the instruments from contamination due to outgassing, the maximum temperature limit for the carbon-carbon 
composite is 2,000°C. High purity carbon-carbon composites have infrared emittances ( E )  of 0.4 to 0 .8 ,~  and high 
solar absorptances (or). After 3,000 Equivalent Sun Hours (i.e., exposed to 3,000 Suns for 1 hour), the ratio of or to E 
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is 1.0 or larger. Therefore the sun-viewing surface of the top sunshield layer has an aluminum oxide or silicon oxide 
thin film as the thermal The t h n  film coating is applied by the plasma spray8, sputter deposition9, or 
vapor deposition technique. It provides a ratio of CY to E of 0.6 after 3,000 Equivalent Sun Hours. It reduces the 
carbon-carbon temperature at 3 R, from the Sun. The melting point of aluminum oxide is 2,054"C, and those of 
silicon monoxide (SiO) and silicon dioxide (Si02) are 1,7 10°C and 1,7 13"C, respectively. '0,11 The CTE of aluminum 
oxide (A1203) at l,OOO°C is 8 x d r n " ~ . ' ~  The CTE of Si02 increases from 0 . 2 5 ~  d m ° C  to 1 . 4 ~  d m ° C  
when the temperature increases from 50°C to 6 0 0 " ~ . ' ~  The CTE of carbon-carbon composite is 0-1 x 10.~ d m ° C  in 
the fiber direction, and 6-8 x d m ° C  in a direction perpendicular to the fibers.49g A significant difference in 
CTEs between the thin film coating and carbon-carbon composite in the fiber direction may cause micro-cracks on 
the h n  film coating at high temperatures.3 Si02 has a better CTE match for carbon-carbon. A1203 has a better 
temperature match. 
The bottom of the top sunshield layer and both sides of the bottom sunshield layer are insulated with high 
temperature multi-layer (MLI) blankets.13 The solar flux absorbed by the top layer is strongly dependent on the 
angle of incidence of solar radiation. A steeper slope for the sunshield reduces the angle of incidence. However, the 
sunshield is required to accommodate the elliptical electrostatic mirror. This constrains the slope of the sunshield. 
The two sunshield layers are mechanically held together and thermally isolated from each other by fasteners made of 
zirconia partially stabilized by magnesia (PSZ), which has a service temperature of up to 2,200°C. This ceramic has 
a very low CTE (10 x 10 .~  dm-"C) and a very low thermal conductivity (1.8 w / ~ - K ) . ' ~  Zirconia stabilized by yttna 
(YSZ) has about the same CTE and thermal conductivity as PSZ, and is a second candidate. The electrostatic mirror 
is mounted to the miniature sunsheld. A much smaller heat shield, called mirror shield, further isolates the electrostatic 
mirror fi-om the miniature sunshield thermally. It is also made of carbon-carbon composite, and is insulated with hgh  
temperature MLI blankets on both sides. The mirror shield is also mounted to the miniature sunsheld. These thermal 
control techniques minimize the temperature of the electrostatic mirror. The miniature sunshield assembly is 
mechanically supported by two arms attached to the spacecraft bus struts. 
Two small heat shield flaps between the miniature sunshield and spacecraft bus minimize the heat radiation from 
the Plasma Spectrometer to the spacecraft bus. They are made of high temperature MLI blankets, and have a small 
opening to allow the passage of plasma to the sensor. Figure 2 shows the thermal design concept. 
Figures 3 and 4 present the temperature predictions at perihelion. The maximum temperature prediction is 
1,862"C for the carbon-carbon composite and 476°C for the electrostatic mirror. They meet the temperature 
requirements. The heat radiation prediction from the Plasma Spectrometer to the spacecraft bus is 22 W (Figure 5). 
It meets the heat flow requirement. The carbon-carbon temperature prediction is 200°C colder than the melting point 
of A1203, and exceeds the melting point of SiO or Si02. Therefore A1203 remains as a candidate thin film coating. 
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Figure 3. Temperature Predictions - Spacecraft and 
Plasma Spectrometer. 
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Figure 2. Plasma Spectrometer Location. 
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Figure 5. Heat Flow Prediction. 
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111. Plasma Wave Instrument Antenna Thermal Design and Analysis 
The Solar Probe STDT baseline antenna design concept requires the Plasma Wave antennas to be stowed at 3 R,. 
Unlike the STDT antenna design, the design proposed by GSFC Solar Probe study team will use heat shields to 
permit full extension at 3 R, to enhance plasma wave observations significantly. Longer antennas extending farther 
from the spacecraft and wake provides the enhancement. The STDT baseline power system has three Multi-Mission 
Radioisotope Thermoelectric Generators (MMRTGs). Each one generates 300 W of electricity. The GSFC Solar 
Probe study team proposes four MMRTGs to provide symmetry for accommodating four Plasma Wave antennas. 
The goal is to achieve an antenna length of 5 m (196.9 inch) each and meet the requirement of no more than 20 W of 
heat radiation to the spacecraft bus. 
The wire antennas are shielded and mechanically supported by the sunshields. Each antenna sunshield consists 
of two thin carbon-carbon composite sheets. The thckness is 1 mm (0.04 inch). A candidate material is the Amoco 
PlOO pitch based fibers. Fasteners, made of PSZ, hold the two carbon-carbon sheets together mechanically and 
isolate them thermally. They are spaced 0.3 m (12 inch) apart. The second candidate material is YSZ. One sheet 
views the Sun, and one does not. There is a 3.175 mm (0.125 inch) gap between them. The slope of most of the sun- 
viewing sheet is 23' with the nadir axis. Minimizing the slope minimizes the solar flux absorbed. For mechanical 
reason, it gradually increases to 37.5' at the tip. The hckness of carbon-carbon increases as the slope increases to 
enhance heat conduction. Figure 6 shows the cross section of the heat shield. The exterior of the sun viewing 
surfaces has a thin film of Al2O3, SiO or Si02. The exterior of the shaded sheets has thin film of vapor deposited 
rhodium, which has a 0.03 infrared emittance at room temperature.15 At 1,300 K to 2,000 K, the emittance increases 
to 0.24.'~ It minimizes the heat radiation to the spacecraft bus. The melting point of rhodium is 1,900°C. 
The antennas are mechanically supported to the top of the spacecraft bus. A high temperature MLI blanket12 
between the carbon-carbon sheets radiatively isolates them. The abovementioned fasteners also hold the MLI to the 
shaded carbon-carbon sheet. There is a small gap between the sun viewing sheet and MLI to allow heat escape from 
the backside of the sun-viewing sheet to space. To minimize the heat radiation from the shaded carbon-carbon sheet 
to the spacecraft bus, the cross section of antennas is minimized and the antennas are tilted 15' away from the 
spacecraft bus to the maximum extent. The thermal coating on all high temperature MLI outer covers has a very low 
emittance and a very high reflectance. Figures 7 through 9 show the antennas in the thermal model. 
Figure 10 presents the temperature predictions for the antennas. The temperature prediction is 1,70OoC for the 
sun-viewing carbon-carbon sheet portion with a 23' slope. It increases to 1,820°C for the thicker tip portion that has 
a 37.5' slope. The temperature prediction is 1,200°C for the shaded carbon-carbon sheet. They are all colder than the 
2,000°C maximum limit. Again remains a candidate thin film coating because the maximum temperature 
prediction is at least 120°C colder than its melting point, and SiO or Si02 is eliminated because the maximum 
temperature prediction exceeds its melting point. The heat radiation prediction from the four antennas to the 
spacecraft bus is 40 W. To meet the 20 W maximum heat flow limit, the options include reducing the a to E ratio of 
the thin film coating on the sun-viewing side, reducing the number of antennas, and decreasing the cross-section 
area of the antenna. The a to E ratio may be reduced by increasing the thickness of the A1203 thin film coating.'' 
Decreasing the number of antennas from four to three further reduces the heat radiation to the spacecraft bus by 
25%. However, it reduces the enhancement of plasma wave observations. Decreasing the cross section area may be 
difficult because of mechanical and structural reasons. 
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Figure 8. Plasma Wave Antenna Thermal Model 
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Figure 6. Plasma Wave Antenna Cross Section. 
Figure 9. Plasma Wave Antenna Thermal Model 
-- Bottom View. 
Figure 7. Plasma Wave Antenna Thermal Model 
-- Top View. 
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Figure 10. Temperature Predictions - Plasma Wave Antenna. 
IV. Testing 
As part of the Solar Probe internal research and development work at GSFC, the following tests will be 
performed in 2006. High temperature ovens (1,500°C) and a high light intensity Vortex Lamp will be used. The 
Vortex Lamp can produce light intensities up to 3,000 Suns. 
A. Materials Testing 
1. Reaction Couple Test for PSZ/Carbon-Carbon Composite 
The objective of this test is to determine if the chemical reaction of PSZ and carbon-carbon is detrimental to the 
Plasma Wave antenna structure at high temperatures. This test would entail dead-loading PSZ specimens against 
samples of the carbon-carbon composite in a hgh-temperature tube furnace and an inert atmosphere. Samples are 
with or without Al2O3 thin film coating. After exposure to high temperatures, the specimens will be destructively 
tested, externally examined and cross-sectioned to determine the degree and nature of any reaction has occurred. 
2. Thermal Cycling of Carbon-Carbon Composite with A1203 Thin Film Coating 
This test is performed by heating specimens of the carbon-carbon composite with t hn  film coating in a 
tube furnace and an inert atmosphere to 1,700°C (or as close to 1,700°C as possible), and cooling down to 100 K in a 
cold chamber. Examinations and documentation before and after thermal cycling will allow us to determine if 
detrimental degradation occurs. It may also include thermal property testing. Specimens for this test will be 
approximately 5.08 cm (2 inch) by 5.08 cm (2 inch), or whatever size required by thermal property testing. The 
examinations include optical microscopy, scanning electron microscopy, and confocal microscopy. 
3. Low Temperature CTE for Carbon-Carbon Composite 
This purpose of this test is to complement the high-temperature test data and covers the minimum expected 
temperature, 100 K, for the Solar Probe mission. It will be performed by using a laser dilatometer. The samples are 
5.08 cm (2 inch) by 15.24 cm (6 inch) thin plates with grooves scribed near the ends. The grooves are used to 
accommodate knife-edge mirrors. 
4. CTE Measurement for PSZ to be Used for Ceramic Fasteners 
The factors that affect the CTE of a ceramic sample are grain size, grain orientation, porosity, etc. Data on the 
CTE of alumina, PSZ and YSZ is available, but they scatter significantly. If tighter data is required for the design, 
then measurements on ceramic samples representative of the Engineering Test Unit or flight hardware will be 
needed. 
7 
American Institute of Aeronautics and Astronautics 
B. Thermal Model Validation 
A Plasma Wave antenna thermal model validation unit will be built. The size of its cross section will be the same 
as that in the thermal model. Its maximum length will be such that it can be accommodated in the Vortex Lamp 
Facility. It will be illuminated at intensities of up to 430 w/cm2. Thermocouples, infrared cameras and other 
equipment will be used to monitor temperatures. Test data will be correlated to the thermal model. 
V. Conclusion 
The Solar Probe STDT baseline science instruments have no nadir viewing capability. The Solar Probe science 
team at NASA GSFC is considering enhance science observations by adding the nadir viewing Plasma Spectrometer 
instrument and using heat shields to protect the Plasma Wave antennas to permit full extension at 3 R,. The 
miniature sunsheld of the Plasma Spectrometer instrument consists of two carbon-carbon composite layers that are 
thermally isolated from each other by PSZ fasteners. The sun-viewing surface of the top layer has an A1203 thin film 
thermal coating. The bottom of the top layer and both sides of the bottom layer are insulated with high temperature 
MLI blankets. The slope of the sunshield is minimized to the smallest possible extent so that it can still 
accommodate the elliptical electrostatic mirror. A much smaller carbon-carbon heat shield, insulated with hlgh 
temperature MLI blankets on both sides, further radiatively isolates the electrostatic mirror from the miniature sunshield. 
Two small MLI flaps between the miniature sunshield and spacecraft bus minimize the heat radiation from the 
Plasma Spectrometer to the spacecraft bus. The maximum temperature prediction is 1,862OC for the carbon-carbon 
composite/A1203, and 476°C for the electrostatic mirror. They meet the temperature requirements. The heat radiation 
prediction from the Plasma Spectrometer to the spacecraft bus is 22 W. It satisfies the heat flow limit. 
The four Plasma Wave wire antennas are 5 m each, and thermally protected from the Sun by sunshields. Each 
sunshield consists of two 1 mm thick carbon-carbon composite sheets. One sheet views the Sun, and one does not. 
There is a 3.175 rnm gap between them. Fasteners, made of PSZ, mechanically hold the two sheets together and 
conductively isolate them. The slope of most of the sun-viewing sheet is 23' with the nadir axis. For mechanical 
reason, it gradually increases to 37.5' at the tip. The thickness of carbon-carbon increases as the slope increases to 
enhance heat conduction. The exterior of the sun viewing surfaces has a thin film of A1203. The exterior of the 
shaded sheets has a thin film of vapor deposited rhodium. It minimizes the heat radiation to the spacecraft bus. A 
high temperature MLI blanket between the carbon-carbon sheets radiatively isolates them. A small gap between the 
sun viewing sheet and MLI allows heat escape from the backside of the sun-viewing sheet to space. To minimize the 
heat radiation from the shaded carbon-carbon sheet to the spacecraft bus, the cross section of antennas is minimized 
and the antennas are tilted 15' away from the spacecraft bus. The temperature prediction is 1,700°C for the sun- 
viewing carbon-carbon sheet portion with a 23' slope. It increases to 1,820°C for the thicker tip portion that has a 
37.5'C slope. The temperature prediction is 1,200°C for the shaded carbon-carbon sheet. They meet the temperature 
requirements. The heat radiation prediction from the four antennas to the spacecraft bus is 40 W. To meet the 20 W 
maximum heat flow limit, the options include reducing the cr to 6 ratio of the thin film coating on the sun-viewing 
side, reducing the number of antennas, and decreasing the cross-section area of the antenna. 
Testing in 2006 will include thermal model validation and materials testing. High temperature ovens (1,500°C) 
and a high light intensity (up to 430 w/cm2) Vortex Lamp will be used. 
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